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Autonomous Optical Guidance and Navigation
Strategy Around a Small Body
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An impending demand for exploring small bodies such as comets and asteroids initiated the Japanese MUSES-C
mission to the near-Earth asteroid Nereus, where it will touch down on the surface. Autonomous optical guidance
and navigation strategies around the asteroid is discussed. An aligned intercept guidance that enables the approach
from the prescribed direction is built, together with some important guidance properties associated with it. Among
them, a combined range-estimation technique using corrections without a range sensor is derived. The robust
feature of the closed-loop guidance scheme is stressed. For the first time concrete strategies for such missions to
small bodies are presented. Some comprehensive numerical illustrations, including gravity effects, are given from

the MUSES-C mission to support the discussion.

Nomenclature
a = acceleration vector
b = bias vector
e = line-of-sightunit vector
F, F* = Fourier spectra of the images
f = translation shift vectors
f(e) = image intensity distribution, amplification factor
g,8(e) = gravity, filter attenuation
H, H, = altitude, initial altitude
h = angular momentum vector
1 = illumination compensation
k = damping factor
)/ = prescribed approach vector
r = distance
r* = end distance of phase D-I
r = position vector
s = Laplace operator
s = sun direction unit vector
T, = time for settlement
t = time
t* = time to be guided
v = descent velocity
v* = specified descent velocity
X,y = coordinate variables
z = guidance variable vector
o = attenuation factor
B, B = acceleration factors
AT,., AT.-11 = correction time intervals
AT, = navigation time interval
At = time-to-go parameter
AV = maneuver acceleration, velocity increment
Ax, Ay = image shift amounts
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A0 = image-frame rotation angle
A = camera angular resolutions
5(e) = variation operator

£ = dispersion, or threshold

n, & = Fourier spectrums

| = body to inertial transform
K = nondimensional time-to-go
Aes Més Ay = acceleration components
AL, A, A, = correction components

I = bouncing coefficient

P = range

o = standard deviation

7,7y = filter time constants

X = correction interval

v = asteroid coordinate transform
w = rotation angular velocity

Superscripts and subscripts

att = attitude

d = descent

est = estimate

obs = observed

rel = relative

rot = rotation

slc = spacecraft

T = transposed

t = true

w = rotation angular rate
el = vector norm operator
[e] = vector operator

// = parallel

+, — = postand pre

= estimate, body-fixed expression

Introduction

MALL body exploration is one of the most sophisticated mis-

sionscurrentlybeing investigated."> Among them, the Japanese
MUSES-C' of the Institute for Space and Astronomical Science
(ISAS)to the near-Earthasteroid Nereusis scheduled to be launched
in 2002 and will touchdown upon the surface and return samples to
Earth. In guiding and navigating the spacecraft around the asteroid,
the optical sensors are inevitably utilized autonomously onboard,
due to the long communication time between the spacecraftand the
Earth. This paper addresseshow the autonomous guidance and navi-
gationstrategyis builtfor suchmissions. For the first time, a concrete
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strategy is given, implicitly assuming the MUSES-C spacecraft as
an example.

In view of pastresearch on this subject, special attention has been
given to orbital motion and stability around irregularly shaped small
bodies* As missions to these objects have been proposed such as
Europe’s ROSETTA mission to a comet nucleus, an intensive plan-
ning strategy has beenattempted,>® which points out the necessity of
autonomy in guidance and navigation. Recent investigations”® also
cover the autonomous optical navigation in these missions. Obvi-
ously, autonomy based on optical images requiresimage processing.
The most conventional approach is to extract characteristic points
and to assess their correlation which determines how much the
image shifts and provides the translationalmotion by compensating
for the attitude motion. In recent years, image processing has been
associated more firmly with the navigation aspects, especially for
small body missions.!*!" Optical measurements have been applied
mostly to orbit determination analyses'>~'#; however, almost all of
the studies so far distinguish the navigation from the guidance and,
typically,havereportedhow the orbitdeterminationis carried out via
the optical measurements. Whatis importantis that notall of the or-
bital informationis required for guidanceto the small body. Both the
navigationand the guidance have to be examined tactically in view
of what is necessary and sufficient. For the most part, the orbital cor-
rection schemes used for guidanceare classical because they rely on
the conventionalstate vector estimates. Therefore, navigationstrate-
gies have recently been reexamined from the guidance aspects.!>~!7
Here closed-loop orbit control onboard is stressed, whereas ex-
isting approaches are a type of open-loop control. A purely pro-
portional guidance is the most straightforward closed-loop strat-
egy so far employed, the extension of which is emphasized in this
paper.

Firstdiscussedis the flight phase decompositionrationallyin view
of the sensor availability and guidance objectives. The image pro-
cessing is presented second, through which the line-of-sight (LOS)
rate information is retrieved by correlating the images taken on-
board. This technique excludes fragile characteristicpoint tracking,
making a fixed camera available. What is stressed is an extended
intercept guidance strategy that guarantees the prescribed approach
direction. The discussionon a new combined range-estimationtech-
nique along with the guidancemaneuversfollows. Then, the stability
and accuracy assessment that tune the parameters are discussed. A
discussion on the correction interval is presented last, which com-
pares the optimal spacing rule'® with the constant interval strategy
in terms of fuel consumption. With these six new major schemes, the
paper gives a numerical demonstration,in which the results support
the discussion developed.

Mission Phases

Dependingon the availability of the optical sensors and their cov-
erage, the descent maneuvers are divided into five subphases. The
spacecraft is assumed to carry a visible imager, optical navigation
camera (ONC), a laser altimeter, light radar (LIDAR), and a laser
range finder (LRF). The ONC assumed here has the field of view
(FOV) of 30 x 30 deg, and it is available from 2000 km to 1 m
altitude above the surface. The coverage of the LIDAR here is as-
sumed within 50 km to 50 m above the surface. LRFs are required
to measure the altitude accurately below 100 m. The spacecraftis
also supposed to carry the target plates that are the artificial land
marks with which the spacecraftcan make a rendezvous, canceling
out the horizontal relative velocity. The target body size assumed

is less than 1 km in diameter, as later numerical examples will in-
dicate. Provided the target body is made of silicate as is Earth, the
surface gravity is around 0.1 mg, while the maneuver acceleration
is typically higher than 1 mg, which dominates even the surface
gravity.

Three distinct parameters determine how the phases are divided.
1) Diversity of image size: the target body is first seen as a single
point from a distance, but eventually the target body spreads over
the FOV. 2) Guidance objective:inasmuch as synchronizingwith the
surface at a distance is accompanied by significant fuel consump-
tion, it may as well be postponed as late and as close as possible.
Therefore, the guidance at distant positions needs to be done with
respect to the inertial frame. 3) Range information availability: be-
yond the distance of 50 km, the assumed LIDAR does not function
and the guidancemust be carried out based either on the a priori plan
or on the range estimate built onboard. Both the LIDAR and LRF
provide the range measurement only in the closest approach area.
As a result, the phase is decomposed into five subphases listed in
Table 1: rendezvous (R), descent-I(D-I), descent-I1(D-II), decision
and departure point (DDP), and touchdown (TD) phases. Note that
the spacecraft will not orbit the asteroid, thus avoiding the orbital
instability as a result of its irregular shape.

In phase R, the ground-basedradio metric navigationaccuracy is
approximately from 300 to 1000 km at 1 AU from Earth. The flyby
and rendezvousguidanceis characterizedby the ballistic parameter,
which is defined as the distance from the target body to the incom-
ing asymptote. While the relative velocity is maintained at a certain
level with respect to the target body, the ballistic parameter is esti-
mated relatively accurately via the so-called hybrid orbit determi-
nation method using both radiometric data and optical images.'>!'*
Should the spacecraft stop with respect to the asteroid, the space-
craft heading would be unknown. Therefore, the spacecraft must
continue approaching the body, maintaining an approach velocity
of around 5-10 m/s, which is definitely larger than the radiometric
navigationerror. The flight period to the asteroid vicinity from 1000
km is only one day, and autonomous navigation is inevitably re-
quired.

To maintain solar power availability and the feature image vis-
ibility, it is preferable to approach from the prescribed direction,
which is postulated here as 30 deg inclined in the afternoon side of
the sun, that is, 14:00 in local solar time. Not only an intercept but
an aligned approach are to be accomplished at the same time. An
aligned interceptconceptis introduced throughoutall of the phases,
which guides the trajectory compliant with the prescribed path us-
ing the LOS vector and its time derivative, both of which are easily
calculated onboard.

Once the spacecraftis within the LIDAR coverage (50 km, where
phase D-I starts), the combination of the ONC and the LIDAR con-
stitutes the three-dimensionalreal-time navigator onboard. The de-
scent velocity is reduced to 1 m/s. When the target image becomes
larger and exceeds the FOV, the subcamera or sub-LIDAR point
is unidentifiable without matching the images with the terrain map
obtained beforehand. Because the ONC’s FOV is approximately 30
deghere and the typical asteroid diameteris 500 m-1 km, the critical
distanceis approximately 2 km from the asteroid (phase D-II starts).
There are two kinds of strategies in phase D-II. One is to leave the
spacecraft coasting, and the other is to correct the path actively. If
guided, the difficulty lies in the computer image processing. Usu-
ally, correlating the map and the images is a heavy burden not only
in required computing speed but also in memory storage. The later

Table1 Phase decomposition and definitions

Phase R Phase D-I Phase D-II Phase DDP Phase TD
Range, km 2000-50 50-2 2-0.1 0.1 0.1-0
Descent speed, m/s 10-5 1 1-0.1 0.1 0.1
Optical sensors ONC ONC, LIDAR ONC, LIDAR ONC, LIDAR ONC, LIDAR, LREF, target plate
Navigational LOS, LOS rate, LOS, LOS rate, LOS, LOS rate, LOS, LOS rate, LOS, LOS rate, range
information range estimate range range range
Guidance Aligned intercept Aligned intercept Coasting inertial Coasting transition Aligned intercept
inertial descent inertial descent descent synchronized
Target image Entire Entire Partial Partial Partial
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discussions conclude that a coasting strategy be implemented for
D-II only with the descent velocity control of 1-0.1 m/s.

Phase DDP, one of the most importantevents, is where the touch-
down pointis specified and the final descent starts. Determining the
touchdown point is too sophisticated for the spacecraftto carry out
autonomously. This scenario assumes that the phase DDP decision
can be handled on the ground during phase D-II. The autonomous
touchdown point determination s left as a backup. This ground in-
terface is not the primary item in this paper. The TD phase is the
final approach period, in which the touchdown velocity vector is
controlled to coincide with the local vertical direction on the sur-
face with reduced descent speed of 0.1 m/s. It is difficult to obtain
the horizontal velocity information, since the LRF measurementhas
little sensitivity to the oblique path and no Doppler sensors are as-
sumed. In the MUSES-C, this difficulty is circumvented by placing
an artificial landmark, a target plate, on the surface, which enables
the spacecraftto rendezvouswith it.! The local verticalinformation
is obtained via LRF, while the nominal direction is uplinked from
the ground prior to DDP. The place where the target plate settles is
not controlledrigorously as specified. It is used for the cancellation
of the horizontal relative motion with respect to the surface.

Throughoutthe phases, the use of LOS rate enablesa fixed camera
aperture direction to navigate the spacecraft without any gimbaling.
With the camera direction frozen, the image is controlled to stay at
the center of the FOV by guiding the spacecraft correctly using the
LOS rate vector.

Image Processing and Illumination Compensation

The descent path penetrates the body if the LOS rate with respect
to the body is controlled to zero. This is the fundamental principle
of proportional guidance. Either the gimbaling a camera or tracking
an objecttechnique can be used to output the LOS rate at a distance,
while the target is seen as a single point. However, the difficulty
showsupin the case when the spacecraftapproachesvery closeto the
surface and the image spreads over the FOV. In such geometry, there
is not an automatic tracking rationale specifying what object should
be tracked. This paper proposesa different strategy that never tracks
any object at all. Even with the fixed-orientation camera onboard,
the LOS rate information can be obtained from two images. It is
accomplished by shifting the images in reference to each other so
that the correlation is maximized, which gives the displacementin
the known time interval. Note that this process does not require
knowledge of the LOS direction itself. The primary advantage of
this is its high robustness for any terrain feature because the whole
image informationis utilized. And the trajectory control loop can be
freed from the complicated camera tracking scheme. Contemporary
image processingutilizestwo kinds of hardware. One is the so-called
optical flow processor that detects the pixel shift very efficiently.
The other is the fast Fourier transformation (FFT) processor that
is commonly used. Provided the two-dimensional image signal is
obtained as f(x, y), the Fourier spectra are obtained as

F&,m) =/ [, yye e M dx dy D

If the next image is shifted x + Ax, y + Ay with the FOV rotation
angle of A, the corresponding spectra F'* should take the form

F*(&,n) = exp[—j(AxE + Ayn)]F (& cos Ad
+ 1 sin A9, —& sin AO + 1 cos A) 2)

The results indicate that the spectra are also rotated in the frequency
domain, while the translationaldisplacementsaffect only the spectra
phase. Whenthe spectraare examined in terms of the phase at several
distinct frequencies, the translational motion is estimated uniquely
by neglecting A6. The spectralintensity distributionagain gives the
rotation information, if the spectra F' and F* are processed with
respect to A9 via another FFT. Thus, the bootstrap process works
theoretically, and the two kinds of motion, translational and rota-
tional shifts, are estimated from two images. Note that the entire
image information is utilized to make this estimate. In actual ap-
plications, double-FFT sometimes does not function as anticipated

because the images usually do not contain enough frequency infor-
mation. One breakthroughis to use the calculated spacecraftattitude
motion availableonboard, which provides the translationalshifts di-
rectly. Another way is to divide the image plane into several subim-
ages. Provided the translational displacementsf! are calculated for
the ith subimage on the kth frame via FFT, both the rotational and
translational displacement vectors € and b are obtained through the
least square method, for instance, minimizing

Z{fikﬂ_exfik_b}z

The illumination conditions strongly affect the LOS direction ac-
curacy,exceptwhile the spacecraftis at a distance. An interceptitself
does not require the LOS direction; however, the landing area may
as well be targeted and the difference between the center of illumi-
nation and the center of the body directions must be compensated.
The spacecraftneeds to be equipped with the illumination corrector
81 onboard, which outputs the LOS correction de = 81 (e, p, ).
A certain iteration may be required to account for the measured
illumination center.

Aligned Intercept Guidance

Basic Guidance Relations

A great deal of research has been reported concerning the pro-
portional guidance scheme, especially in missile technology.'® The
fundamentalidea is that the LOS vector is frozen inertially so that
the spacecraft can hit the target. Provided the target body is in an
acceleration-freefield, the relative motion r of the spacecraftaround
the asteroid is described by

I = Target — Ty = Q, Fyc = —a 3)

Here, a throttleable propulsion system is assumed for the discus-
sion, in which the thrust acceleration a is expressed by the linear
combination of the LOS vector e, its derivative ¢, and the angular
momentum vector i components:a = —(A.e + 1.e + A h). Inas-
much as the angular momentum quantity is expressedas b = r x r,
the magnitude of & behaves according to

h=—(0.;/r)h )

This relation suggests that the angular momentum magnitude is
frozenif the LOS rate componentis zero even under the maneuvers.
And the appropriate choice of the thrust direction guarantees the
continuousdecrease of the angularmomentum. Thus, this schemeis
called proportional guidance, because the thrust only has to be gen-
erated just proportional to the LOS rate direction. The simple ex-
pression, i = r?||e|| indicates that such a maneuver makes the LOS
rate zero. Note that the angular momentum control is equivalent to
proportional guidance.

Through manipulation, the following time history of |le| is de-
rived:

dlle|l _ —Oe +27) el
dt r

If [A;] > |7 is satisfied, the distance informationis directly derived
through the combination of LOS rate magnitude, its time derivative,
and the maneuver component. Note that the distance information
cannot be extracted without active control (A, = 0) because the
LOS rate history never determines the path uniquely. Later the im-
pulsive maneuver discussion presents a more practical range esti-
mation scheme that can work along with the guidance maneuver.

5

Aligned Intercept Guidance!®

Itis assumed that the spacecraftis supposed to approach from the
prescribed direction. As the guidance metric, the angle between the
LOS and the prescribed descent direction is taken as the guidance
variable z = e X p where p is the prescribed approach direction.
Provided the trajectory maneuveris applied at ., represented by the
velocity increment AV, , if the property rz is required to vanish at
t*, then

0=(i'k+AVk)><p-At+(rk><p) (6)
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where At is the time interval from #; to ¢*. It is assumed that AV,
should be perpendicularto the sun directions, taking the spacecraft
configurationinto account. Withoutloss of generality, the spacecraft
is assumed to orient the solar cell panel to the sun direction, whose
thrusters are perpendicularto it. The solution to this is obtained by
taking the cross productof's and Eq. (6), which gives the impulsive
guidance strategy making z; zero:

. a 1
(serp) { |:s X (zk + :_iZk):| + E(s X zk)} @

When At gets shorter, the guidance is degeneratedjust to the feed-
back of the guidance parameter without any damping. On the other
hand, if At becomes longer, the guidanceis dominated by damping.
Similarly, the requirement of the angular momentum to vanish in-
stantaneously and the attitude constraint give the following angular
momentum control through the similar manipulation:

AV, = —

T .
AV = ———[s x (& x €] 8)
(s"er)
In a particular case when s is equal to e, the angular momentum
control AV, = —re, is derived, which is the proportional guid-

ance. The following two propositions support the guidance scheme
developed.

Proposition 1: If e = 0, then z = 0. This is obviously true and an
intercept always implies that the guidance variablez is constant.

Proposition2:1f z = 0, thene = 0.

Proof: Here z = 0 indicates e // p. Because z is constant implies
eithere //p or|le|| = 0.If bothe // p and e // p hold true at the same
time, it is contradictory. Therefore, |le|| = 0. QED

These propositions insist that whenever the guidance variable z
is made zero, the interceptis always accomplished. In other words,
an aligned intercept conceptis an extended scheme that guarantees
the intercept.

Combined Range Estimation Along
with Guidance Maneuvers
At a great distance, range measurement is not available and ob-
taining the range estimate is highly advantageousin terms of secur-
ing the approach, even though the accuracy is very degraded. As for
the continuous acceleration maneuvers, Eq. (5) is manipulated for
the range estimate as follows:

N~ d .
Trange = _)\e/a{&’b”e”} (9)

In case of impulsivemaneuvers, the angularmomentumis discretely
changed at the instant of the maneuver. Decomposing as AV, =
—(Me; + Myé, + A,hy), the range estimate is obtained by the fol-
lowing equation:

Fo= 110 leg - (e er) — e ]
(= bl e - [ef | = e | 17) (10)

The simple structure of this estimation scheme should be empha-
sized. It is composed only of e and A},. Equation (10) is also derived
from an extreme case of Eq. (9). The estimation never requires
navigation-specific maneuvers for this purpose and can be carried
outalong with the guidance maneuvers. It should be pointed out that
the range estimate may become indefinite for very small maneuvers.
This difficulty is circumventedby excludingthe erroneousestimates
and introducing a certain low-pass filter stabilizing the estimate. It
is quite important to note that range information cannot be extracted
if no maneuver is applied to the spacecraft.

Guidance Stability with Navigation Filters
Aligned Intercept Guidance Stability and LOS Rate Filter
If the acceleration magnitude is normalized by ', the guidance
law for a spacecraftpropelledby continuouspropulsionis expressed
from Eq. (7) as

a=—p{(s xz) + k(s x20)} an

When the equation of motion ¥ = ré + 2re + re is multiplied by
p, rewriting B'(s”p) = B, the characteristic equation representing
guidance stability is derived:

rZ+ Qr+kBz+(FE+Bz=0 (12)

The magnitude of z is decreasingif (2 +kB) > O and (¥ + 8) > 0.
Because z magnitude becomes zero implies that the approachdirec-
tion coincides with the prescribed path vector p. The angular mo-
mentum becomes zero at the same time, becausez becomes constant.
It should be pointed out that the conventional angular momentum
control law guarantees only that z becomes constant.

In most cases, LOS rate signal is highly contaminated with noise
and a certain filter needs to be introduced, such as z;(s) = 1/(1 +
TS) - Zrwue (8). Assuming ||F|| < B, the following characteristic
equation is obtained, similar to Eq. (12):

res® 4+ (r + 2 1)s* + (Bk)s + B =0 (13)
The necessary conditions for stability are derived as follows:

r > —2rrt, [1+Q@rr)/rlk > T (14)
The first requirement states that the guidance is stable beyond the
stability boundary distance that is determined by the product of the
approach velocity and the filter time constant. The second condi-
tion is simplified in a distant location as k > 7, which requires that
the artificial damping should prevail over the filter time delay. In
regard to the artificial damping coefficient k, it is frequently repre-
sented by the so-called time-to-go parameter At onboard such as
k = (—r/7) - k = At - k. To secure satisfactory damping, the sta-
bility requirement on the filter time constant is rewritten as At =
(—r/i) > (1/k + 2)t.

Descent Rate Control and Altitude Filters

An important parameter of concern is the descent rate. The fol-
lowing descentrate guidance logic performed every AT, correction
interval is employed:

. . H —Hi_,
Hk+1=Hk—k(T—v) (15)

Stability inspection indicates that 0 < k < 1 will be assured. In
practical applications, the altitude is H, = r;, — R and the rotational
motion of the asteroid may affect the altitude control causing some
residual error, because the terrain height fluctuates and R # 0. A
certain navigation filter must be introduced especially during phase
TD thatrequiresa very slow descentrate of around 0.1 m/s. Suppose
the altitude filter of H,(s) = 1/(1 4 t5) - H e (S) is incorporated;
throughthe mathematicalstabilityanalysis, the aforementionednec-
essary conditionis alteredto 0 < k < (1 + t/AT,)~".

The gravity field around small bodies is very faint. However,
if made of silicate, the 0.64-km-radius asteroid surface gravity is
approximately 0.1 mg, which accelerates the spacecraftup to 1 m/s
during hovering for 1000 s. This threatens to substantially disturb
the descent rate control. The most straightforward breakthrough s
to add the feedforward term in the scheme as

H, — H;_,

ATC - U*) ~+ Vtorward (16)

Hy = H, — k(
In principle, the gravity compensationamount is given as Vtorward =
AT. - /(R + rrange)z. The gravity constant and the radius knowl-

edge are not precisely available and such errors in the parameters
contribute to the descent rate residuals.

Optimal Spacing and Correction Interval

In most interplanetary flights, trajectory correction takes place at
times determined by how much fuel is needed to achieve the admis-
sible terminal dispersion. The allocation of the correction interval
is the so-called spacing problem, which has been intensively stud-
ied for many years. The same concept is applied for this approach
guidance. Provided that the velocity and position navigation errors
are represented by A and p, the optimal spacing rule states that the
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flight period left to the terminal point 7; at kth correction point shall
satisfy the relation'®

Ti/Tisr =T /T +(/Ty) - 2p/2) 17

In optical navigation, both errors are approximately represented by
A = rllell/AT, and p ~ r|lé|l. And without loss of generality,
AT, < T, is assumed to hold. Therefore, Eq. (17) is simplified
to 7, /T, ., = T, _,/ T, a constant ratio spacing. Spacing ratio is
determined by the terminal error specification. It is important that
the constant correction interval is not an optimal choice and the
spacing rule may reduce the correction amount, depending on the
navigationaccuracy. The spacingratioof 1 is obviouslyone solution,
which corresponds to the continuous correction scheme. The later
numerical example shows the advantage of this spacing rule.

Phase-Specific Guidance Strategies
Phases R and D-1
During these segments, the target is seen as a small dot and the
spacecraft vector to the target body is well defined from the images
through the illumination compensation. The guidance strategy of

AVkZ_

s x {[(éxp)—M@xp)}
(s"p) T

1
+E(8 Xp)} — k(v — vi)p (18)

gives the aligned intercept approach with the descent velocity con-
trol capability.Inthe phaseR, the range measurementis notavailable
and either programmedrange or range estimate is substituted. At in-
dicates the time-to-go parameter that is also built in onboard. LOS
rate information is obtained via a low-pass filter. The mentioned
spacing rule may be applied to phase R to reduce the correction
velocity amount.

One of the most important events in the descent occurs when
phase D-I ends. The touchdown point dispersion is governed then.
In Fig. 1, the mechanismrelated to the miss-distance degradationis
shown. Assuming the camera angular resolutionis A8 = g(e) and
the critical distance where the D-I ends s r*, the final landing point
dispersion ¢ is characterized by

r*

AT, v*

e ={(r* + v* AT,)AO + r* A6}

And the following equations are obtained:

e=r"f(x)g(a), fCO=Q+x)/x

(o AGY) = A0/ (1 —a) /(1 +a)

where yx is the nondimensional correction interval, x = (v*AT,)/
r*, and o the filter attenuation factor, « = exp(—AT,/t;). Ab;
is the standard deviation of the LOS angle measurement noise and
f(e) is an important amplification factor whose typical figures are
£(0.25) =9, f(0.5) =5, f(1) =3, f(2) =2, f(10) = 1.2,which
implies that x shouldbe larger so that this amplification can be sup-

(19)

*
v [y
N-1 v €
IlFree Fall i
|
ATev* r \
ATev*+r*

Fig.1 Guidance miss-distance analysis.

DDP CMD PLAN DDP
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20+10=30min. 20min. 10+10=20min. 20min. =90min.
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lm/sec descent* 0.lm/sec descent -
1.500 sec. 4.000 sec.
2km 0.5km 0.1km

Fig.2 Ground support at DDP.

pressed. How the landing dispersion is determined depends on the
key parameters x and «.

Phase DDP

Phase D-II may as well be left coasting withoutany guidance cor-
rections, before the guidance is switched over to the final descent
and touchdown maneuvers. Figure 2 presents what kind of ground-
based operationsare typicallyrequired to initiate phase DDP. Where
to land is probably the hardest thing for the spacecraft to deter-
mine autonomously. Fortunately, slowing down the descent velocity
lengthens the phase D-II flight period to 1% h, which is enough time
for communicating with the ground stations. At the ground stations,
several images are accurately analyzed to give the ballistic parame-
ter information together with the virtual closest approachtime, both
of which define the spacecraft path. The scenario in Fig. 2 consists
of the command to the spacecraft, confirmation of the commands,
and any required emergency operations.

Where to touchdown is decided at the altitude of 100 m above the
surface, taking the LRF coverage into account. The subspacecraft
pointis defined as the touchdown point at DDP, whose local vertical
direction coincides with the vector from the DDP to the subspace-
craft point. It is assumed here that a detailed mapping period of
a few months precedes the descent maneuvers discussed. Through
the mapping phase, not only the topological information, but also
the rotational state, is identified and accumulated on the ground.
The local vertical directionis not only what the spacecraftdescends
along but is also the attitude that should be maintained all of the
way. The landing attitude should be identical to the local vertical
direction, which is input to the spacecraftat the DDP and corrected
based on the LRF measurements. The direction is not constant but
shifts along with the rotation motion of the asteroid. Such coordi-
nate transformationis handled easily, even onboard, by referring to
the ephemeris data. The greatest advantage of this plan is that the
camera orientationis kept frozen.

Phase TD

An aligned intercept scheme using LOS rate information is also
used, and it enables the touchdown direction to be locally vertical.
The local terrain feature is compensated by LRF, which directly pro-
vides the local vertical direction in real time. As established in the
descent rate control, this phase must employ the feedforward grav-
ity compensation. The orbital motion transition takes place at the
beginning of this phase: from the inertial approach to the descent
synchronized with the surface motion. However, the closed-loop
guidance scheme here does not require any extra transition infor-
mation to make the motion synchronized. This is one of the most
advantageous points in using this technique.

Practically speaking, the spacecraft MUSES-C is supposed to re-
leasea targetplate as an artificial landmark with which the spacecraft
rendezvous. No Doppler sensor is assumed for the MUSES-C. The
target plate is introduced to allow sensing the horizontal velocity,
which is not readily available onboard via the optical sensors. To
this end, the target plate can be a small single light easily detected.
Evenifthe targetplate is not detected from the spacecraft,the image
processing scheme introducedbefore makes use of the whole image
information to extract LOS rate and the scheme functions without
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Table 2 Phase R simulation statistical results
Mean AV, AV(lo), Mean align, Align (o), Mean B-p, B-p (1o),
Case m/s m/s deg deg km km Parameters
1 24.20 1.15 4.10 9.61 4.68 3.63 Nominal
2 19.84 0.58 1.23 0.91 3.45 2.52 Al =150 km
3 17.34 3.81 28.70 25.73 24.41 19.63 7 =20,000s
4 38.78 0.59 0.83 0.42 3.37 1.53 AT, = 150 min, AT.-11 = 30 min
any reconfiguration. The release of the plate must precede the DDP, 01 EApproach Angle (30deg) ]
so that the spacecraft can acquire it after it settles onto the target’s O F . A
: - iod is estim ] Moo AL N4
surface. Settling period is estimated by IR RE
H, HVq w, Hy 2v; p : ul
Ii=—+4+2—+42—+ - =— 4+ ——  (20) .0.4 Bpproach Angle (33deg) N E
Vg 8 8 Vg g 1l—pu

where H is the release point altitude and v, the plate descent ve-
locity. Gravity here is approximately 0.1 mg, and the reflection
coefficient p is assumed about 0.1. Here p indicates the reflected
momentum with respect to that prior to the bouncing. One typical
scenario may stipulate that the plate is released at the altitude of
265 m (= H,) above the surface with 0.5 m/s (= v,), while the
spacecraft continues to descend at 0.1 m/s, so that the plate stops
bouncing before the spacecraftreaches the DDP located at the alti-
tude of 100 m.

Numerical Demonstration

The target body is numerically modeled as an ellipsoid whose
three principal axes lengths are 250, 500, and 375 m. The rotation
period is postulated as 5 h, with the spin axis normal to the ecliptic
plane. The spacecraftis supposed to approach along the path on the
ecliptic plane 30 deg inclined to the sun direction in the afternoon
side, at the 14:00 o’clock time position.

The top of Fig. 3 shows the illumination compensationangle data
during phase D-I in which the spacecraftapproachesalong path 30
and 35 deg inclined to the sun direction. Here, the approach speed
is 1 m/s. The easiest way for the compensation may be to use the
frozen offset parameters throughoutthe approach. As the following
guidance examples indicate, the angular resolution of 10 arc min is
baselined so that the touchdown point dispersioncan be suppressed.
Beyond the distance of 10 km, this offset parameter strategy works;
however, thisis no longer valid within 10 km and active illumination
inversion software must be built onboard. The bottom of Fig. 3 ex-
amines the consequence of rotation period error on the illumination
compensation. As easily recognized, if the rotation period is incor-
rectly modeled by 10%, the illumination compensation easily fails.
This strongly suggests that the period must be identified accurately.

The guidance demonstrations to follow start from phase R, in
which the initial distance is taken as 2000 km from the asteroid
with the approach velocity v of 10 m/s. The descent path is de-
fined 30 deg inclined to the sun direction on the ecliptic plane.
The nominal navigation filter time constant 7, of 2500 s is used,
while the maneuver interval is 5 h (AT, in Table 2). In this typical
illustration, the initial lateral position error Al of 300 km is pos-
tulated. The corresponding stability boundary distance defined by
Eq. (14) is 100 km, which does not satisfy the stability requirement
until the distance of 50 km. Therefore, on the way to the phase D-I
transition point, the descent speed is decelerated to 5 m/s with the
reduced filter time constant of 600 s and the correction interval of
60 min (AT,-11 in Table 2) to guarantee stability while maintaining
the guidance accuracy. The simulation results are shown in Figs. 4
and 5. Figure 4 presents the trajectory-related properties associated
with the proposed schemes. The aligned intercept guidance is re-
quired to assure the specified approach,and the results comply well.
Figure 5 shows that the use of Eq. (10) with a low-pass filter gives
the range estimate to a certain accuracy, especially within 500 km,
even while the range is beyond the LIDAR coverage. The accuracy
is approximately 10-30%, and this information can be regarded as
the spacecraft location reference. LOS rate raw signal and filtered
measurements are drawn on the same figure. The LOS rate signal
fluctuates after 3000 min, which is caused by the updated naviga-
tion filter time constant of 600 s. The time when the range estimate
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is available depends on the intensity of the LOS rate signal. The
phase R ends when the spacecraftreceives the LIDAR range alarm
signal that the spacecraftis located within 50 km. When the phase
R transitions to phase D-I, the ballistic parameter error is decreased
to around 5 km. A statistical study was carried out, and the results
are summarized subsequently. The results were obtained in a Monte
Carlo manner, averaging 20 cases with the LOS measurement fluc-
tuation equivalent to the resolution. Align and B-p in Tables 2-5
indicate the alignment angle (sin"'|z|) and the ballistic parameter
distance, respectively.

Itis concludedthatthe AV required from the distance of 2000 km
is 24.2 m/s with standard deviationof 1.15 m/s. This figure includes
the deceleration AV of 5 m/s on the way. Note that for the purpose
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Table 3 Optimal spacing rule and constant correction interval strategy

Mean AV, AV(lo), Mean align, Align (o), Mean B-p, B-p (1o),
Case m/s m/s deg deg km km Spacing parameters
1 21.16 0.63 13.89 10.41 10.98 4.74 Spacing (ratio = 1.056, A Viim = 0.5 m/s)
1 24.20 1.15 4.10 9.61 4.68 3.63 Constant (nominal, A Vji, = 0.5 m/s)
2 32.56 0.64 1.73 0.90 4.93 3.23 Spacing (ratio = 1.056, A Viim = 1.0 m/s)
2 37.86 1.25 1.85 1.03 4.69 2.99 Constant (nominal, A Vjj, = 1.0 m/s)
3 57.73 1.58 2.34 1.14 10.66 6.40 Spacing (ratio = 1.056, A Viim = 2.0 m/s)
3/ 67.60 243 2.03 1.06 8.56 5.03 Constant (nominal, A Vjj, = 2.0 m/s)
Table 4 Phase D-I simulation statistical results
Mean AV, AV(lo), Mean align, Align (o), Mean B-p, B-p (1)
Case m/s m/s deg deg m m Parameters
1 2.42 0.12 0.37 0.18 233 12.0 Nominal
2 2.65 0.11 0.58 0.22 39.2 17.4 Ty =2000s
3 1.77 0.04 0.44 0.25 37.1 19.5 AT, = 60 min
4 2.90 0.11 0.36 0.19 22.6 10.8 Al =10km
5 2.71 0.09 3.87 0.22 128.8 10.8 v=2m/s
Table S Phase TD simulation statistical results
Mean AV, AV(lo), Mean align, Align (1o),
Case m/s m/s deg deg Mean B-p B-p (1o0) Parameters
1 0.34 0.04 4.82 2.32 13.2cm 7.1cm Nominal
2 0.34 0.06 6.01 2.87 22.4cm 11.1cm 7y =100s
3 0.21 0.02 6.44 2.71 33.8cm 17.1 cm AT, =120s
4 0.58 0.07 3.79 1.89 14.8 cm 7.1cm Al =200m
5 0.32 0.03 73.44 6.21 51.1m 529m v =20cm/s
6 6.61 0.01 6.74 3.69 22.1cm 11.8 cm v = 10 cm/s with gravity
7 4.98 0.15 15.05 7.43 1.9m 1.0m v = 10 cm/s with Cyg, Ca
8 4.88 0.31 18.96 12.07 1.5m 0.9m Case 7 + spin period +10%
9 4.87 0.10 13.19 7.54 2.0m 0.8 m Case 7 + spin axis 0.1 rad
10 5.74 0.07 11.10 5.14 2.0m 0.8 m Case 74+ pu x 1.2
11 5.12 0.30 25.11 16.39 1.8 m 0.9m Case 7 + AV execution error 5%
of avoiding the extra fuel consumption, it is assumed here that the £ -
admissible largest limit for each correction is 0.5 m/s. The initial = T 2
lateral position error contributes to the correction velocity amount; = i remmrend s - :”:;
however, the sensitivityis not found to be high. In case 3, the stabil- Z o, Alignment Angle™3 10 g
ity boundary distance is 400 km, and the ballistic parameter is not E l'L’. 1 - §
controlled well, which proves the guidance stability dependence on E s A P i
the navigation filter time constant. As case 4 indicates, the shorter 2 0fB-Parant 7 Mo e g
the correction interval becomes, the more accurate the guidance re- < JIRasanssy
sults get. In contrastto that, the correctionvelocity needs to increase. 20 e delta v J2 5
A certain practical compromised optimization is needed to tune the g P g Trajectory IZ
parameters. % 10 ! g

As discussed in the preceding section, the optimal correction in-
terval is never constant. An optimal spacing rule governs, which
reduces the correction amount. Under the similar correction con-
straint, the spacing ratio of 1.056 in Eq. (17) is introduced, and the
AV amount and the resulting guidance performances are assessed
in Table 3. When the correctionis limited to 0.5 m/s, while the total
AV is reduced 3 m/s, the guidance performance is not degraded
much. On the other hand, with the correctionlimited to 1 and 2 m/s,
almost equivalent guidance performance is obtained with less total
AV. Note that, in other words, the optimal spacing provides better
guidance with the same AV budget. This does show the spacing
rule advantage.

Phase D-I starts from a distance of 50 km, the LIDAR range.
In view of the phase R results, the lateral position error of 5 km
is typically considered in the simulations. The descent velocity is
postulated as 1 m/s, which is tuned to satisfy the stability condition
with the nominal navigation filter time constant of 600 s. The cor-
responding stability boundary is 1.2 km, which is within the end
distance of phase D-I. The postulated correction interval is every
30 min. The spacing rule does not have to be adopted for this short
period. Both the ballistic parameter and the guidance variable are
well controlled to decrease asymptotically (top of Fig. 6) because
the LOS rate signalis strong enough. The bottom of Fig. 6 shows the
trajectory, which traces the prescribed approachline 30 deg inclined
to the sun direction. The required AV from 50 km is estimated as

F" Descent Start (1m/seé;

50 40 30 20 10
range (km)

o bulaul
o

Fig.6 Phase D-I: guidance results.

2.3 m/s including the departure velocity increment of 1 m/s. Monte
Carlo-like statistics of 100 cases (Table 4) show that the AV of
2.42 m/s is required in phase D-I. As is easily noted, the instability
occurs in case 5; this phenomenon was previously discussed. As
case 4 suggests, the proposed guidance scheme is still robust for
the large initial position error. Lengthening the correction time in-
terval reduces the terminal dispersion errors with the benefit of less
correction AV. It is concluded that the landing point dispersion is
about 20-40 m on average.

Phase D-II is assumed as the coasting period. In this numerical
example, the TD phase is examined from the altitude of 100 m. The
trajectory plot in phase TD is shown in the top of Fig. 7, which is
shown in surface-fixed coordinates. The surface-fixed coordinateis
notfrozenin inertial space but is rotating synchronized with the sur-
face motion. In the end, the alignmentangle is sufficiently controlled
to zero and the touchdownsequence successfullydemonstrated. The
required AV is estimated around 0.34 m/s in this example (bottom
of Fig. 7) with the lateral initial position error assumed to be 100 m.
The correction interval is every 60 s with the filter time constant of
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50 s. During phase D-II prior to DDP the descent velocity is reduced
to 10 cm/s. A summary of 100 cases with the random LOS rate noise
is presented in Table 5.

In Table 5, no asteroid gravity field is assumed exceptcases 6-11.
Because the descent velocity is slow (10 cm/s), the spacecraft stays
close to the surface for almosthalfan hour. Consequently,an accom-
panying gravity loss will be added to the correction A V. The gravity
compensation here is the feedforward scheme developed earlier in
the text. The basic guidance propertiesremain unchanged, while the
AV costisraised to 6.6 m/s. Some stability dependencyon the filter
time constant, as well as the descent velocity, is observed in case 2.
Both degrade the guidance performance,causing wider dispersions.
As case 4 indicates, the guidance performance is found to be robust
for the initial position error. The scheme is still valid even in the
case when the correction interval is doubled. Case 7 deals with the
higher potential field, in which Cy, and C,, are calculated to be
—0.01 and —0.03, respectively, for the target body. The irregular-
ity alleviatesthe correction AV slightly with the degraded guidance
properties. As cases 8 and 9 indicate, the scheme developedis found
still insensitive to the spin state of the target body. Even in the case
where the mass of the target body is 1.2 times as much as postu-
lated, the guidance scheme still functions successfully as case 10
shows. Case 11 also demonstrates that the guidance performanceis
insensitive to the execution error of 5%. Because the last maneuver
may occur at the altitude of 6 m above the surface, the final dis-
persion of approximately 2 m inevitably takes place. These robust
features derive from the closed-loop guidance properties. In addi-
tion to the straightforwardgravity compensationalready developed,
the following integration feedback loop is introduced to cope with
the potential field effect:

. ¥ Pr — Pk —
AVn:omp,k+l = AVn:omp,k + kl(loke) + k2 (U - %) (21)

The entire simulation program was developed to ensure the se-
quence starting from the home position located at the distance of
50 km to the surface. This total simulation incorporatesthe asteroid
gravity field, as well as the potential harmonics of Cyy and C,,. A
Monte Carlo-like survey of 20 cases was conducted. The total AV
averagedis 12.26 m/s, which is a little higher than the sum of those
associated with phases D-I and TD simulations in Tables 4 and 5.
This is because the phase D-I simulations presented before did not
take the gravity loss into account. The mathematical upper limit
of AV from infinity to the distance r, is assessed by u/(v - ry),
and it is 13.3 m/s when v is 10 cm/s. Inasmuch as the actual path
is not a constant-velocity path, the total AV amount is lowered in
this case. The resulting mean alignment angle is 5.15 deg with the
final dispersion of 62.9 cm, which are smaller than those in Table 5
because the touchdown point is different; however, these errors are
within the range of dispersions given in case 7 of Table 5. Each of
these cases demonstrates that the strategies developed in the paper
function as expected.

Conclusions
The preliminary analysis on combined autonomous navigation
and guidance strategies around an asteroid are presented. Six in-
novations were discussed: 1) an aligned intercept guidance, 2) a

combined range estimation along with corrections without a range
sensor, 3) a strategic building of the flight phases, 4) an image pro-
cessing of LOS shift information instead of tracking characteristic
points, 5) stability and accuracy analysis associated with the strate-
gies developed here, and 6) the correction interval, spacing analy-
sis. What is important is that not all of the orbital information is
required for the guidance to a small body. The navigation strategy
was re-examined from the guidanceaspects. The strategy developed
is sufficiently concise and efficient that even the smallest spacecraft
such as the MUSES-C can be equipped with such a scheme. Some
comprehensive numerical illustrations, taking gravity into account,
were given to support the discussion.
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