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Autonomous Optical Guidance and Navigation
Strategy Around a Small Body

Jun’ichiro Kawaguchi,¤ Tatsuaki Hashimoto,† Takashi Kubota,‡ and Shujiro Sawai§

Institute for Space and Astronautical Science, Kanagawa 229, Japan
and

Gene Fujii¶

International Space University, Illkirch 67400, France

An impending demand for exploring small bodies such as comets and asteroids initiated the Japanese MUSES-C
mission to the near-Earth asteroid Nereus, where it will touch down on the surface. Autonomous optical guidance
and navigationstrategies around the asteroid is discussed. An aligned intercept guidance that enables the approach
from the prescribed direction is built, together with some importantguidanceproperties associated with it. Among
them, a combined range-estimation technique using corrections without a range sensor is derived. The robust
feature of the closed-loop guidance scheme is stressed. For the � rst time concrete strategies for such missions to
small bodies are presented. Some comprehensive numerical illustrations, including gravity effects, are given from
the MUSES-C mission to support the discussion.

Nomenclature
a = acceleration vector
b = bias vector
e = line-of-sight unit vector
F; F¤ = Fourier spectra of the images
f = translation shift vectors
f .²/ = image intensity distribution, ampli� cation factor
g; g.²/ = gravity, � lter attenuation
H; H0 = altitude, initial altitude
h = angular momentum vector
I = illumination compensation
k = damping factor
p = prescribed approach vector
r = distance
r¤ = end distance of phase D-I
r = position vector
s = Laplace operator
s = sun direction unit vector
Ts = time for settlement
t = time
t¤ = time to be guided
v = descent velocity
v¤ = speci� ed descent velocity
x; y = coordinate variables
z = guidance variable vector
® = attenuation factor
¯; ¯ 0 = acceleration factors
1Tc; 1Tc-I I = correction time intervals
1Tn = navigation time interval
1t = time-to-go parameter
1V = maneuver acceleration, velocity increment
1x; 1y = image shift amounts
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1µ = image-frame rotation angle
1µ ¤

0 = camera angular resolutions
±.²/ = variation operator
" = dispersion, or threshold
´; » = Fourier spectrums
2 = body to inertial transform
· = nondimensional time-to-go
¸e; ¸ Pe; ¸h = acceleration components
¸0

e; ¸0
Pe; ¸0

h = correction components
¹ = bouncing coef� cient
½ = range
¾ = standard deviation
¿; ¿ f = � lter time constants
Â = correction interval
Ã = asteroid coordinate transform
! = rotation angular velocity

Superscripts and subscripts

att = attitude
d = descent
est = estimate
obs = observed
rel = relative
rot = rotation
s/c = spacecraft
T = transposed
t = true
! = rotation angular rate
k²k = vector norm operator
[²] = vector operator
== = parallel
C; ¡ = post and pre
ˆ = estimate, body-� xed expression

Introduction

SMALL body exploration is one of the most sophisticated mis-
sionscurrentlybeing investigated.1;2 Among them, the Japanese

MUSES-C1 of the Institute for Space and Astronomical Science
(ISAS) to the near-EarthasteroidNereus is scheduledto be launched
in 2002 and will touchdown upon the surface and return samples to
Earth. In guiding and navigating the spacecraft around the asteroid,
the optical sensors are inevitably utilized autonomously onboard,
due to the long communication time between the spacecraft and the
Earth. This paper addresseshow the autonomousguidanceand navi-
gationstrategyis built for suchmissions.For the � rst time, a concrete
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strategy is given, implicitly assuming the MUSES-C spacecraft as
an example.

In view of past researchon this subject, special attentionhas been
given to orbitalmotion and stability around irregularlyshapedsmall
bodies.3;4 As missions to these objects have been proposed such as
Europe’s ROSETTA mission to a comet nucleus, an intensive plan-
ningstrategyhasbeenattempted,5;6 whichpointsout thenecessityof
autonomy in guidance and navigation.Recent investigations7;8 also
cover the autonomous optical navigation in these missions. Obvi-
ously,autonomybasedon optical images requires imageprocessing.
The most conventional approach is to extract characteristic points
and to assess their correlation,9 which determines how much the
image shifts and provides the translationalmotion by compensating
for the attitude motion. In recent years, image processing has been
associated more � rmly with the navigation aspects, especially for
small body missions.10;11 Optical measurements have been applied
mostly to orbit determination analyses12¡14; however, almost all of
the studies so far distinguish the navigation from the guidance and,
typically,havereportedhowthe orbitdeterminationis carriedoutvia
the optical measurements.What is important is that not all of the or-
bital informationis requiredfor guidanceto the small body.Both the
navigationand the guidance have to be examined tactically in view
of what is necessaryand suf� cient. For the most part, the orbital cor-
rection schemes used for guidanceare classicalbecause they rely on
the conventionalstate vectorestimates.Therefore,navigationstrate-
gies have recentlybeen reexaminedfrom the guidanceaspects.15¡17

Here closed-loop orbit control onboard is stressed, whereas ex-
isting approaches are a type of open-loop control. A purely pro-
portional guidance is the most straightforward closed-loop strat-
egy so far employed, the extension of which is emphasized in this
paper.

First discussedis the � ightphasedecompositionrationallyin view
of the sensor availability and guidance objectives. The image pro-
cessing is presented second, through which the line-of-sight (LOS)
rate information is retrieved by correlating the images taken on-
board. This technique excludes fragile characteristicpoint tracking,
making a � xed camera available. What is stressed is an extended
interceptguidance strategy that guarantees the prescribedapproach
direction.The discussionon a new combinedrange-estimationtech-
niquealongwith theguidancemaneuversfollows.Then, the stability
and accuracy assessment that tune the parameters are discussed. A
discussion on the correction interval is presented last, which com-
pares the optimal spacing rule18 with the constant interval strategy
in terms of fuel consumption.With these six new major schemes, the
paper gives a numerical demonstration,in which the results support
the discussion developed.

Mission Phases
Dependingon the availabilityof the optical sensorsand their cov-

erage, the descent maneuvers are divided into � ve subphases. The
spacecraft is assumed to carry a visible imager, optical navigation
camera (ONC), a laser altimeter, light radar (LIDAR), and a laser
range � nder (LRF). The ONC assumed here has the � eld of view
(FOV) of 30 £ 30 deg, and it is available from 2000 km to 1 m
altitude above the surface. The coverage of the LIDAR here is as-
sumed within 50 km to 50 m above the surface. LRFs are required
to measure the altitude accurately below 100 m. The spacecraft is
also supposed to carry the target plates that are the arti� cial land
marks with which the spacecraft can make a rendezvous,canceling
out the horizontal relative velocity. The target body size assumed

Table 1 Phase decomposition and de� nitions

Phase R Phase D-I Phase D-II Phase DDP Phase TD

Range, km 2000–50 50–2 2–0.1 0.1 0.1–0
Descent speed, m/s 10–5 1 1–0.1 0.1 0.1
Optical sensors ONC ONC, LIDAR ONC, LIDAR ONC, LIDAR ONC, LIDAR, LRF, target plate
Navigational LOS, LOS rate, LOS, LOS rate, LOS, LOS rate, LOS, LOS rate, LOS, LOS rate, range

information range estimate range range range
Guidance Aligned intercept Aligned intercept Coasting inertial Coasting transition Aligned intercept

inertial descent inertial descent descent synchronized
Target image Entire Entire Partial Partial Partial

is less than 1 km in diameter, as later numerical examples will in-
dicate. Provided the target body is made of silicate as is Earth, the
surface gravity is around 0.1 mg, while the maneuver acceleration
is typically higher than 1 mg, which dominates even the surface
gravity.

Three distinct parameters determine how the phases are divided.
1) Diversity of image size: the target body is � rst seen as a single
point from a distance, but eventually the target body spreads over
the FOV. 2) Guidanceobjective:inasmuchas synchronizingwith the
surface at a distance is accompanied by signi� cant fuel consump-
tion, it may as well be postponed as late and as close as possible.
Therefore, the guidance at distant positions needs to be done with
respect to the inertial frame. 3) Range information availability: be-
yond the distance of 50 km, the assumed LIDAR does not function
and the guidancemust be carried out based eitheron the a priori plan
or on the range estimate built onboard. Both the LIDAR and LRF
provide the range measurement only in the closest approach area.
As a result, the phase is decomposed into � ve subphases listed in
Table 1: rendezvous (R), descent-I (D-I), descent-II (D-II), decision
and departure point (DDP), and touchdown (TD) phases. Note that
the spacecraft will not orbit the asteroid, thus avoiding the orbital
instability as a result of its irregular shape.

In phase R, the ground-basedradio metric navigationaccuracy is
approximately from 300 to 1000 km at 1 AU from Earth. The � yby
and rendezvousguidanceis characterizedby the ballisticparameter,
which is de� ned as the distance from the target body to the incom-
ing asymptote.While the relativevelocity is maintained at a certain
level with respect to the target body, the ballistic parameter is esti-
mated relatively accurately via the so-called hybrid orbit determi-
nation method using both radiometric data and optical images.12;14

Should the spacecraft stop with respect to the asteroid, the space-
craft heading would be unknown. Therefore, the spacecraft must
continue approaching the body, maintaining an approach velocity
of around 5–10 m/s, which is de� nitely larger than the radiometric
navigationerror. The � ight period to the asteroidvicinity from 1000
km is only one day, and autonomous navigation is inevitably re-
quired.

To maintain solar power availability and the feature image vis-
ibility, it is preferable to approach from the prescribed direction,
which is postulated here as 30 deg inclined in the afternoon side of
the sun, that is, 14:00 in local solar time. Not only an intercept but
an aligned approach are to be accomplished at the same time. An
aligned intercept concept is introducedthroughoutall of the phases,
which guides the trajectory compliant with the prescribed path us-
ing the LOS vector and its time derivative, both of which are easily
calculated onboard.

Once the spacecraftis within the LIDAR coverage (50 km, where
phase D-I starts), the combinationof the ONC and the LIDAR con-
stitutes the three-dimensionalreal-time navigator onboard. The de-
scent velocity is reduced to 1 m/s. When the target image becomes
larger and exceeds the FOV, the subcamera or sub-LIDAR point
is unidenti� able without matching the images with the terrain map
obtained beforehand.Because the ONC’s FOV is approximately30
deg here and the typicalasteroiddiameter is 500 m–1 km, the critical
distanceis approximately2 km from the asteroid(phase D-II starts).
There are two kinds of strategies in phase D-II. One is to leave the
spacecraft coasting, and the other is to correct the path actively. If
guided, the dif� culty lies in the computer image processing. Usu-
ally, correlating the map and the images is a heavy burden not only
in required computing speed but also in memory storage. The later
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discussions conclude that a coasting strategy be implemented for
D-II only with the descent velocity control of 1–0.1 m/s.

Phase DDP, one of the most important events, is where the touch-
down point is speci� ed and the � nal descent starts. Determining the
touchdown point is too sophisticated for the spacecraft to carry out
autonomously.This scenario assumes that the phase DDP decision
can be handled on the ground during phase D-II. The autonomous
touchdown point determination is left as a backup. This ground in-
terface is not the primary item in this paper. The TD phase is the
� nal approach period, in which the touchdown velocity vector is
controlled to coincide with the local vertical direction on the sur-
face with reduced descent speed of 0.1 m/s. It is dif� cult to obtain
the horizontalvelocityinformation,since the LRF measurementhas
little sensitivity to the oblique path and no Doppler sensors are as-
sumed. In the MUSES-C, this dif� culty is circumventedby placing
an arti� cial landmark, a target plate, on the surface, which enables
the spacecraft to rendezvouswith it.1 The local vertical information
is obtained via LRF, while the nominal direction is uplinked from
the ground prior to DDP. The place where the target plate settles is
not controlled rigorously as speci� ed. It is used for the cancellation
of the horizontal relative motion with respect to the surface.

Throughoutthephases,the useof LOS rateenablesa � xed camera
aperturedirection to navigate the spacecraftwithout any gimbaling.
With the camera direction frozen, the image is controlled to stay at
the center of the FOV by guiding the spacecraft correctly using the
LOS rate vector.

Image Processing and Illumination Compensation
The descent path penetrates the body if the LOS rate with respect

to the body is controlled to zero. This is the fundamental principle
of proportionalguidance. Either the gimbalinga camera or tracking
an object techniquecan be used to output the LOS rate at a distance,
while the target is seen as a single point. However, the dif� culty
showsup in thecasewhen the spacecraftapproachesverycloseto the
surface and the image spreadsover the FOV. In such geometry, there
is not an automatic tracking rationale specifyingwhat object should
be tracked.This paperproposesa different strategythat never tracks
any object at all. Even with the � xed-orientation camera onboard,
the LOS rate information can be obtained from two images. It is
accomplished by shifting the images in reference to each other so
that the correlation is maximized, which gives the displacement in
the known time interval. Note that this process does not require
knowledge of the LOS direction itself. The primary advantage of
this is its high robustness for any terrain feature because the whole
image information is utilized.And the trajectorycontrol loop can be
freed from the complicatedcamera tracking scheme. Contemporary
imageprocessingutilizestwo kindsof hardware.One is the so-called
optical � ow processor that detects the pixel shift very ef� ciently.
The other is the fast Fourier transformation (FFT) processor that
is commonly used. Provided the two-dimensional image signal is
obtained as f .x; y/, the Fourier spectra are obtained as

F.»; ´/ D f .x; y/e¡ j x» e¡ j y´ dx dy (1)

If the next image is shifted x C 1x; y C 1y with the FOV rotation
angle of 1µ , the correspondingspectra F¤ should take the form

F¤.»; ´/ D exp[¡ j .1x» C 1y´/]F.» cos 1µ

C ´ sin 1µ; ¡» sin 1µ C ´ cos 1µ/ (2)

The results indicate that the spectra are also rotated in the frequency
domain,while the translationaldisplacementsaffect only the spectra
phase.When the spectraare examinedin termsof thephaseat several
distinct frequencies, the translationalmotion is estimated uniquely
by neglecting1µ . The spectral intensitydistributionagain gives the
rotation information, if the spectra F and F¤ are processed with
respect to 1µ via another FFT. Thus, the bootstrap process works
theoretically, and the two kinds of motion, translational and rota-
tional shifts, are estimated from two images. Note that the entire
image information is utilized to make this estimate. In actual ap-
plications, double-FFT sometimes does not function as anticipated

because the images usually do not contain enough frequency infor-
mation.One breakthroughis to use the calculatedspacecraftattitude
motion availableonboard,which provides the translationalshifts di-
rectly. Another way is to divide the image plane into several subim-
ages. Provided the translational displacements f k

i are calculated for
the i th subimage on the kth frame via FFT, both the rotational and
translational displacementvectors " and b are obtained through the
least square method, for instance, minimizing

f k C 1
i ¡ " £ f k

i ¡ b
2

The illumination conditionsstronglyaffect the LOS direction ac-
curacy,exceptwhile the spacecraftis at a distance.An interceptitself
does not require the LOS direction; however, the landing area may
as well be targeted and the difference between the center of illumi-
nation and the center of the body directions must be compensated.
The spacecraftneeds to be equippedwith the illumination corrector
± I onboard, which outputs the LOS correction ±e D ± I .e; ½; t/.
A certain iteration may be required to account for the measured
illumination center.

Aligned Intercept Guidance
Basic Guidance Relations

A great deal of research has been reported concerning the pro-
portional guidance scheme, especially in missile technology.16 The
fundamental idea is that the LOS vector is frozen inertially so that
the spacecraft can hit the target. Provided the target body is in an
acceleration-free� eld, the relativemotion r of the spacecraftaround
the asteroid is described by

Rr D Rrtarget ¡ Rrs/c D a; Rrs/c D ¡a (3)

Here, a throttleable propulsion system is assumed for the discus-
sion, in which the thrust acceleration a is expressed by the linear
combination of the LOS vector e, its derivative Pe, and the angular
momentum vector h components: a D ¡.¸ee C ¸ Pe Pe C ¸hh/. Inas-
much as the angular momentum quantity is expressed as h D r £ Pr,
the magnitude of h behaves according to

Ph D ¡.¸ Pe=r/h (4)

This relation suggests that the angular momentum magnitude is
frozen if the LOS rate componentis zero evenunder the maneuvers.
And the appropriate choice of the thrust direction guarantees the
continuousdecreaseof the angularmomentum. Thus, this scheme is
called proportionalguidance, because the thrust only has to be gen-
erated just proportional to the LOS rate direction. The simple ex-
pression,h D r 2kPek indicates that such a maneuver makes the LOS
rate zero. Note that the angular momentum control is equivalent to
proportional guidance.

Through manipulation, the following time history of kPek is de-
rived:

dkPek
dt

D
¡.¸ Pe C 2Pr/kPek

r
(5)

If j¸Pej À jPr j is satis� ed, the distance information is directlyderived
through the combinationof LOS rate magnitude, its time derivative,
and the maneuver component. Note that the distance information
cannot be extracted without active control .¸ Pe D 0/ because the
LOS rate history never determines the path uniquely. Later the im-
pulsive maneuver discussion presents a more practical range esti-
mation scheme that can work along with the guidance maneuver.

Aligned Intercept Guidance16

It is assumed that the spacecraft is supposed to approachfrom the
prescribeddirection. As the guidance metric, the angle between the
LOS and the prescribed descent direction is taken as the guidance
variable z D e £ p where p is the prescribed approach direction.
Provided the trajectorymaneuver is applied at tk , representedby the
velocity increment 1Vk , if the property rz is required to vanish at
t¤, then

0 D .Prk C 1Vk/ £ p ¢ 1t C .rk £ p/ (6)
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where 1t is the time interval from tk to t¤. It is assumed that 1Vk

should be perpendicularto the sun direction s, taking the spacecraft
con� gurationinto account.Without lossof generality,the spacecraft
is assumed to orient the solar cell panel to the sun direction, whose
thrusters are perpendicular to it. The solution to this is obtained by
taking the cross product of s and Eq. (6), which gives the impulsive
guidance strategy making zk zero:

1Vk D ¡
rk

.sT p/
s £

³
Pzk C

Prk

rk
zk

´
C 1

1t
.s £ zk/ (7)

When 1t gets shorter, the guidance is degenerated just to the feed-
back of the guidance parameter without any damping. On the other
hand, if 1t becomes longer, the guidance is dominatedby damping.
Similarly, the requirement of the angular momentum to vanish in-
stantaneouslyand the attitude constraint give the following angular
momentum control through the similar manipulation:

1Vk D ¡
rk

.sT ek /
[s £ .Pek £ ek /] (8)

In a particular case when s is equal to e, the angular momentum
control 1Vk D ¡rk Pek is derived, which is the proportional guid-
ance. The following two propositionssupport the guidance scheme
developed.

Proposition 1: If Pe D 0, then Pz D 0. This is obviously true and an
intercept always implies that the guidance variable z is constant.

Proposition 2: If z D 0, then Pe D 0.
Proof: Here z D 0 indicates e == p. Because z is constant implies

either Pe == p or kPek D 0. If both Pe == p and e == p hold true at the same
time, it is contradictory.Therefore, kPek D 0. QED

These propositions insist that whenever the guidance variable z
is made zero, the intercept is always accomplished. In other words,
an aligned intercept concept is an extended scheme that guarantees
the intercept.

Combined Range Estimation Along
with Guidance Maneuvers

At a great distance, range measurement is not available and ob-
taining the range estimate is highly advantageousin terms of secur-
ing the approach,even though the accuracy is very degraded.As for
the continuous acceleration maneuvers, Eq. (5) is manipulated for
the range estimate as follows:

Orrange
»D ¡¸ Pe

d

dt
f kPekg (9)

In case of impulsivemaneuvers,the angularmomentumis discretely
changed at the instant of the maneuver. Decomposing as 1Vk D
¡.¸0

eek C ¸0
Pe Pek C ¸0

hhk /, the range estimate is obtained by the fol-
lowing equation:

Ork D j¸0
Pe j ¢ kPe¡

k k2 ¢ PeCT

k Pe¡
k ¡ Pe¡

k

2 ¡1

»D j¸0
Pe j ¢ kPekk ¢ PeC

k ¡ Pe¡
k

¡1
(10)

The simple structure of this estimation scheme should be empha-
sized. It is composedonly of Pe and ¸0

Pe. Equation (10) is also derived
from an extreme case of Eq. (9). The estimation never requires
navigation-speci�c maneuvers for this purpose and can be carried
out along with the guidancemaneuvers.It shouldbe pointedout that
the rangeestimate may become inde� nite for very small maneuvers.
This dif� culty is circumventedby excludingthe erroneousestimates
and introducing a certain low-pass � lter stabilizing the estimate. It
is quite important to note that range informationcannot be extracted
if no maneuver is applied to the spacecraft.

Guidance Stability with Navigation Filters
Aligned Intercept Guidance Stability and LOS Rate Filter

If the acceleration magnitude is normalized by ¯ 0, the guidance
law for a spacecraftpropelledby continuouspropulsionis expressed
from Eq. (7) as

a D ¡¯ 0f.s £ zk/ C k.s £ Pzk/g (11)

When the equation of motion Rr D r Re C 2Pr Pe C Rre is multiplied by
p, rewriting ¯ 0.sT p/ D ¯, the characteristic equation representing
guidance stability is derived:

r Rz C .2Pr C k¯/Pz C .Rr C ¯/z D 0 (12)

The magnitude of z is decreasing if .2Pr C k¯/ > 0 and .Rr C ¯/ > 0.
Because z magnitudebecomes zero implies that the approachdirec-
tion coincides with the prescribed path vector p. The angular mo-
mentumbecomeszeroat the same time, becausez becomesconstant.
It should be pointed out that the conventional angular momentum
control law guarantees only that z becomes constant.

In most cases, LOS rate signal is highly contaminatedwith noise
and a certain � lter needs to be introduced, such as Pzk.s/ D 1=.1 C
¿ s/ ¢ Pzk;true.s/. Assuming kRrk ¿ ¯ , the following characteristic
equation is obtained, similar to Eq. (12):

r¿ s3 C .r C 2Pr¿ /s2 C .¯k/s C ¯ »D 0 (13)

The necessary conditions for stability are derived as follows:

r > ¡2Pr¿; [1 C .2Pr¿ /=r]k > ¿ (14)

The � rst requirement states that the guidance is stable beyond the
stability boundary distance that is determined by the product of the
approach velocity and the � lter time constant. The second condi-
tion is simpli� ed in a distant location as k > ¿ , which requires that
the arti� cial damping should prevail over the � lter time delay. In
regard to the arti� cial damping coef� cient k, it is frequently repre-
sented by the so-called time-to-go parameter 1t onboard such as
k D .¡r=Pr/ ¢ · D 1t ¢ · . To secure satisfactory damping, the sta-
bility requirement on the � lter time constant is rewritten as 1t D
.¡r=Pr/ > .1=· C 2/¿ .

Descent Rate Control and Altitude Filters
An important parameter of concern is the descent rate. The fol-

lowing descent rate guidance logic performed every 1Tc correction
interval is employed:

PHk C 1 D PHk ¡ k

³
Hk ¡ Hk ¡ 1

1Tc
¡ v¤

´
(15)

Stability inspection indicates that 0 < k < 1 will be assured. In
practical applications,the altitude is Hk D rk ¡ R and the rotational
motion of the asteroid may affect the altitude control causing some
residual error, because the terrain height � uctuates and PR 6D 0. A
certain navigation � lter must be introducedespecially during phase
TD that requiresa very slow descent rate of around 0.1 m/s. Suppose
the altitude � lter of OHk .s/ D 1=.1 C ¿ s/ ¢ Hk;true.s/ is incorporated;
throughthemathematicalstabilityanalysis,theaforementionednec-
essary condition is altered to 0 < k < .1 C ¿=1Tc/

¡1.
The gravity � eld around small bodies is very faint. However,

if made of silicate, the 0.64-km-radius asteroid surface gravity is
approximately0.1 mg, which accelerates the spacecraftup to 1 m/s
during hovering for 1000 s. This threatens to substantially disturb
the descent rate control. The most straightforward breakthrough is
to add the feedforward term in the scheme as

PHk C 1 D PHk ¡ k

³
Hk ¡ Hk ¡ 1

1Tc
¡ v¤

´
C vforward (16)

In principle, the gravity compensationamount is given as vforward D
1Tc ¢ O¹=. OR C rrange/

2. The gravity constant and the radius knowl-
edge are not precisely available and such errors in the parameters
contribute to the descent rate residuals.

Optimal Spacing and Correction Interval
In most interplanetary� ights, trajectory correction takes place at

times determined by how much fuel is needed to achieve the admis-
sible terminal dispersion. The allocation of the correction interval
is the so-called spacing problem, which has been intensively stud-
ied for many years. The same concept is applied for this approach
guidance. Provided that the velocity and position navigation errors
are represented by ¸ and ½, the optimal spacing rule states that the
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� ight period left to the terminalpoint Tk at kth correctionpoint shall
satisfy the relation18

Tk=Tk C 1 D Tk ¡ 1=Tk C .1=Tk / ¢ .2½=¸/ (17)

In optical navigation, both errors are approximately representedby
¸ ¼ rkPek=1Tn and ½ ¼ rkPek: And without loss of generality,
1Tn ¿ Tk is assumed to hold. Therefore, Eq. (17) is simpli� ed
to Tk=Tk C 1 D Tk ¡ 1=Tk , a constant ratio spacing. Spacing ratio is
determined by the terminal error speci� cation. It is important that
the constant correction interval is not an optimal choice and the
spacing rule may reduce the correction amount, depending on the
navigationaccuracy.The spacingratioof 1 is obviouslyonesolution,
which corresponds to the continuous correction scheme. The later
numerical example shows the advantage of this spacing rule.

Phase-Speci� c Guidance Strategies
Phases R and D-I

During these segments, the target is seen as a small dot and the
spacecraft vector to the target body is well de� ned from the images
through the illumination compensation. The guidance strategy of

1Vk D ¡
rk

.sT p/
s £ .Pe £ p/ ¡

jvrelj
rk

.e £ p/

C 1

1t
.e £ p/ ¡ k.v ¡ vrel/p (18)

gives the aligned intercept approach with the descent velocity con-
trol capability.In thephaseR, the rangemeasurementis notavailable
and eitherprogrammedrangeor rangeestimate is substituted.1t in-
dicates the time-to-go parameter that is also built in onboard. LOS
rate information is obtained via a low-pass � lter. The mentioned
spacing rule may be applied to phase R to reduce the correction
velocity amount.

One of the most important events in the descent occurs when
phase D-I ends. The touchdown point dispersion is governed then.
In Fig. 1, the mechanism related to the miss-distancedegradation is
shown. Assuming the camera angular resolution is 1µ D g.²/ and
the critical distance where the D-I ends is r¤, the � nal landing point
dispersion " is characterizedby

" D f.r¤ C v¤1Tc/1µ C r ¤1µg
r¤

1Tcv¤

And the following equations are obtained:

" D r¤ f .Â/g.®/; f .Â/ D .2 C Â/=Â
(19)

g ®; 1µ ¤
0 D 1µ ¤

0 .1 ¡ ®/=.1 C ®/

where Â is the nondimensional correction interval, Â D .v¤1Tc/=
r¤, and ® the � lter attenuation factor, ® D exp.¡1Tn=¿ f /. 1µ ¤

0
is the standard deviation of the LOS angle measurement noise and
f .²/ is an important ampli� cation factor whose typical � gures are
f .0:25/ D 9, f .0:5/ D 5, f .1/ D 3, f .2/ D 2, f .10/ D 1:2,which
implies that Â should be larger so that this ampli� cation can be sup-

Fig. 1 Guidance miss-distance analysis.

Fig. 2 Ground support at DDP.

pressed. How the landing dispersion is determined depends on the
key parameters Â and ®.

Phase DDP
Phase D-II may as well be left coastingwithout any guidancecor-

rections, before the guidance is switched over to the � nal descent
and touchdown maneuvers. Figure 2 presents what kind of ground-
basedoperationsare typicallyrequiredto initiatephaseDDP. Where
to land is probably the hardest thing for the spacecraft to deter-
mine autonomously.Fortunately,slowing down the descent velocity
lengthens the phase D-II � ight period to 1 1

2 h, which is enough time
for communicatingwith the ground stations.At the ground stations,
several images are accurately analyzed to give the ballistic parame-
ter information togetherwith the virtual closest approach time, both
of which de� ne the spacecraft path. The scenario in Fig. 2 consists
of the command to the spacecraft, con� rmation of the commands,
and any required emergency operations.

Where to touchdown is decided at the altitudeof 100 m above the
surface, taking the LRF coverage into account. The subspacecraft
point is de� ned as the touchdownpoint at DDP, whose local vertical
direction coincides with the vector from the DDP to the subspace-
craft point. It is assumed here that a detailed mapping period of
a few months precedes the descent maneuvers discussed. Through
the mapping phase, not only the topological information, but also
the rotational state, is identi� ed and accumulated on the ground.
The local vertical direction is not only what the spacecraftdescends
along but is also the attitude that should be maintained all of the
way. The landing attitude should be identical to the local vertical
direction, which is input to the spacecraft at the DDP and corrected
based on the LRF measurements. The direction is not constant but
shifts along with the rotation motion of the asteroid. Such coordi-
nate transformation is handled easily, even onboard, by referring to
the ephemeris data. The greatest advantage of this plan is that the
camera orientation is kept frozen.

Phase TD
An aligned intercept scheme using LOS rate information is also

used, and it enables the touchdown direction to be locally vertical.
The local terrain feature is compensatedby LRF, which directlypro-
vides the local vertical direction in real time. As established in the
descent rate control, this phase must employ the feedforward grav-
ity compensation. The orbital motion transition takes place at the
beginning of this phase: from the inertial approach to the descent
synchronized with the surface motion. However, the closed-loop
guidance scheme here does not require any extra transition infor-
mation to make the motion synchronized. This is one of the most
advantageouspoints in using this technique.

Practically speaking, the spacecraftMUSES-C is supposed to re-
leasea targetplateas an arti� cial landmarkwith which the spacecraft
rendezvous.No Doppler sensor is assumed for the MUSES-C. The
target plate is introduced to allow sensing the horizontal velocity,
which is not readily available onboard via the optical sensors. To
this end, the target plate can be a small single light easily detected.
Even if the targetplate is not detectedfrom the spacecraft,the image
processingscheme introducedbefore makes use of the whole image
information to extract LOS rate and the scheme functions without
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Table 2 Phase R simulation statistical results

Mean 1V , 1V .1¾/, Mean align, Align .1¾/, Mean B-p, B-p .1¾/,
Case m/s m/s deg deg km km Parameters

1 24.20 1.15 4.10 9.61 4.68 3.63 Nominal
2 19.84 0.58 1.23 0.91 3.45 2.52 1l D 150 km
3 17.34 3.81 28.70 25.73 24.41 19.63 ¿ f D 20;000 s
4 38.78 0.59 0.83 0.42 3.37 1.53 1Tc D 150 min, 1Tc -I I D 30 min

any recon�guration.The release of the plate must precede the DDP,
so that the spacecraft can acquire it after it settles onto the target’s
surface. Settling period is estimated by

Ts D
H0

vd
C 2

¹vd
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C 2

¹2vd
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vd
C

2vd

g

¹

1 ¡ ¹
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where H0 is the release point altitude and vd the plate descent ve-
locity. Gravity here is approximately 0.1 mg, and the re� ection
coef� cient ¹ is assumed about 0.1. Here ¹ indicates the re� ected
momentum with respect to that prior to the bouncing. One typical
scenario may stipulate that the plate is released at the altitude of
265 m .D H0/ above the surface with 0.5 m/s .D vd/, while the
spacecraft continues to descend at 0.1 m/s, so that the plate stops
bouncing before the spacecraft reaches the DDP located at the alti-
tude of 100 m.

Numerical Demonstration
The target body is numerically modeled as an ellipsoid whose

three principal axes lengths are 250, 500, and 375 m. The rotation
period is postulated as 5 h, with the spin axis normal to the ecliptic
plane. The spacecraft is supposed to approach along the path on the
ecliptic plane 30 deg inclined to the sun direction in the afternoon
side, at the 14:00 o’clock time position.

The top of Fig. 3 shows the illuminationcompensationangle data
during phase D-I in which the spacecraft approachesalong path 30
and 35 deg inclined to the sun direction. Here, the approach speed
is 1 m/s. The easiest way for the compensation may be to use the
frozen offset parameters throughoutthe approach.As the following
guidance examples indicate, the angular resolution of 10 arc min is
baselinedso that the touchdownpoint dispersioncan be suppressed.
Beyond the distance of 10 km, this offset parameter strategy works;
however, this is no longervalidwithin 10 km and active illumination
inversion software must be built onboard. The bottom of Fig. 3 ex-
amines the consequenceof rotationperiod error on the illumination
compensation.As easily recognized, if the rotation period is incor-
rectly modeled by 10%, the illumination compensationeasily fails.
This strongly suggests that the period must be identi� ed accurately.

The guidance demonstrations to follow start from phase R, in
which the initial distance is taken as 2000 km from the asteroid
with the approach velocity v of 10 m/s. The descent path is de-
� ned 30 deg inclined to the sun direction on the ecliptic plane.
The nominal navigation � lter time constant ¿ f of 2500 s is used,
while the maneuver interval is 5 h (1Tc in Table 2). In this typical
illustration, the initial lateral position error 1l of 300 km is pos-
tulated. The corresponding stability boundary distance de� ned by
Eq. (14) is 100 km, which does not satisfy the stability requirement
until the distance of 50 km. Therefore, on the way to the phase D-I
transition point, the descent speed is decelerated to 5 m/s with the
reduced � lter time constant of 600 s and the correction interval of
60 min (1Tc-I I in Table 2) to guaranteestabilitywhile maintaining
the guidance accuracy. The simulation results are shown in Figs. 4
and 5. Figure 4 presents the trajectory-relatedproperties associated
with the proposed schemes. The aligned intercept guidance is re-
quired to assure the speci� ed approach,and the results comply well.
Figure 5 shows that the use of Eq. (10) with a low-pass � lter gives
the range estimate to a certain accuracy, especially within 500 km,
even while the range is beyond the LIDAR coverage. The accuracy
is approximately 10–30%, and this information can be regarded as
the spacecraft location reference. LOS rate raw signal and � ltered
measurements are drawn on the same � gure. The LOS rate signal
� uctuates after 3000 min, which is caused by the updated naviga-
tion � lter time constant of 600 s. The time when the range estimate

Fig. 3 Illumination
compensation.

Fig. 4 Phase R: ballistic parameter and trajectory.

Fig. 5 Phase R: range estimate and LOS rate.

is available depends on the intensity of the LOS rate signal. The
phase R ends when the spacecraft receives the LIDAR range alarm
signal that the spacecraft is located within 50 km. When the phase
R transitions to phase D-I, the ballistic parameter error is decreased
to around 5 km. A statistical study was carried out, and the results
are summarized subsequently.The results were obtained in a Monte
Carlo manner, averaging 20 cases with the LOS measurement � uc-
tuation equivalent to the resolution. Align and B-p in Tables 2–5
indicate the alignment angle .sin¡1jzj/ and the ballistic parameter
distance, respectively.

It is concludedthat the 1V requiredfrom the distanceof 2000km
is 24.2 m/s with standarddeviationof 1.15 m/s. This � gure includes
the deceleration1V of 5 m/s on the way. Note that for the purpose
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Table 3 Optimal spacing rule and constant correction interval strategy

Mean 1V , 1V .1¾/, Mean align, Align .1¾/, Mean B-p, B-p .1¾/,
Case m/s m/s deg deg km km Spacing parameters

1 21.16 0.63 13.89 10.41 10.98 4.74 Spacing (ratio D 1:056, 1Vlim D 0:5 m/s)
10 24.20 1.15 4.10 9.61 4.68 3.63 Constant (nominal, 1Vlim D 0:5 m/s)
2 32.56 0.64 1.73 0.90 4.93 3.23 Spacing (ratio D 1:056; 1Vlim D 1:0 m/s)
20 37.86 1.25 1.85 1.03 4.69 2.99 Constant (nominal, 1Vlim D 1:0 m/s)
3 57.73 1.58 2.34 1.14 10.66 6.40 Spacing (ratio D 1:056; 1Vlim D 2:0 m/s)
30 67.60 2.43 2.03 1.06 8.56 5.03 Constant (nominal, 1Vlim D 2:0 m/s)

Table 4 Phase D-I simulation statistical results

Mean 1V , 1V .1¾/, Mean align, Align .1¾/, Mean B-p, B-p .1¾/
Case m/s m/s deg deg m m Parameters

1 2.42 0.12 0.37 0.18 23.3 12.0 Nominal
2 2.65 0.11 0.58 0.22 39.2 17.4 ¿ f D 2000 s
3 1.77 0.04 0.44 0.25 37.1 19.5 1Tc D 60 min
4 2.90 0.11 0.36 0.19 22.6 10.8 1l D 10 km
5 2.71 0.09 3.87 0.22 128.8 10.8 v D 2 m/s

Table 5 Phase TD simulation statistical results

Mean 1V , 1V .1¾/, Mean align, Align .1¾/,
Case m/s m/s deg deg Mean B-p B-p .1¾/ Parameters

1 0.34 0.04 4.82 2.32 13.2 cm 7.1 cm Nominal
2 0.34 0.06 6.01 2.87 22.4 cm 11.1 cm ¿ f D 100 s
3 0.21 0.02 6.44 2.71 33.8 cm 17.1 cm 1Tc D 120 s
4 0.58 0.07 3.79 1.89 14.8 cm 7.1 cm 1l D 200 m
5 0.32 0.03 73.44 6.21 51.1 m 52.9 m v D 20 cm/s
6 6.61 0.01 6.74 3.69 22.1 cm 11.8 cm v D 10 cm/s with gravity
7 4.98 0.15 15.05 7.43 1.9 m 1.0 m v D 10 cm/s with C20, C22
8 4.88 0.31 18.96 12.07 1.5 m 0.9 m Case 7 C spin period C10%
9 4.87 0.10 13.19 7.54 2.0 m 0.8 m Case 7 C spin axis 0.1 rad
10 5.74 0.07 11.10 5.14 2.0 m 0.8 m Case 7 C ¹ £ 1:2
11 5.12 0.30 25.11 16.39 1.8 m 0.9 m Case 7 C 1V execution error 5%

of avoiding the extra fuel consumption, it is assumed here that the
admissible largest limit for each correction is 0.5 m/s. The initial
lateral position error contributes to the correction velocity amount;
however, the sensitivity is not found to be high. In case 3, the stabil-
ity boundary distance is 400 km, and the ballistic parameter is not
controlledwell, which proves the guidance stability dependenceon
the navigation � lter time constant. As case 4 indicates, the shorter
the correction interval becomes, the more accurate the guidance re-
sults get. In contrastto that, thecorrectionvelocityneeds to increase.
A certain practical compromised optimization is needed to tune the
parameters.

As discussed in the preceding section, the optimal correction in-
terval is never constant. An optimal spacing rule governs, which
reduces the correction amount. Under the similar correction con-
straint, the spacing ratio of 1.056 in Eq. (17) is introduced, and the
1V amount and the resulting guidance performances are assessed
in Table 3. When the correction is limited to 0.5 m/s, while the total
1V is reduced 3 m/s, the guidance performance is not degraded
much. On the other hand, with the correctionlimited to 1 and 2 m/s,
almost equivalent guidance performance is obtained with less total
1V . Note that, in other words, the optimal spacing provides better
guidance with the same 1V budget. This does show the spacing
rule advantage.

Phase D-I starts from a distance of 50 km, the LIDAR range.
In view of the phase R results, the lateral position error of 5 km
is typically considered in the simulations. The descent velocity is
postulated as 1 m/s, which is tuned to satisfy the stability condition
with the nominal navigation � lter time constant of 600 s. The cor-
responding stability boundary is 1.2 km, which is within the end
distance of phase D-I. The postulated correction interval is every
30 min. The spacing rule does not have to be adopted for this short
period. Both the ballistic parameter and the guidance variable are
well controlled to decrease asymptotically (top of Fig. 6) because
the LOS rate signal is strong enough.The bottomof Fig. 6 shows the
trajectory,which traces the prescribedapproach line 30 deg inclined
to the sun direction. The required 1V from 50 km is estimated as

Fig. 6 Phase D-I: guidance results.

2.3 m/s including the departure velocity increment of 1 m/s. Monte
Carlo-like statistics of 100 cases (Table 4) show that the 1V of
2.42 m/s is required in phase D-I. As is easily noted, the instability
occurs in case 5; this phenomenon was previously discussed. As
case 4 suggests, the proposed guidance scheme is still robust for
the large initial position error. Lengthening the correction time in-
terval reduces the terminal dispersionerrors with the bene� t of less
correction 1V . It is concluded that the landing point dispersion is
about 20–40 m on average.

Phase D-II is assumed as the coasting period. In this numerical
example, the TD phase is examined from the altitude of 100 m. The
trajectory plot in phase TD is shown in the top of Fig. 7, which is
shown in surface-� xed coordinates.The surface-� xed coordinate is
not frozen in inertial space but is rotatingsynchronizedwith the sur-
face motion. In the end, the alignmentangle is suf� cientlycontrolled
to zero and the touchdownsequencesuccessfullydemonstrated.The
required 1V is estimated around 0.34 m/s in this example (bottom
of Fig. 7) with the lateral initial positionerror assumed to be 100 m.
The correction interval is every 60 s with the � lter time constant of
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Fig. 7 Phase TD: guidance results.

50 s. During phaseD-II prior to DDP the descentvelocity is reduced
to 10 cm/s. A summary of 100 caseswith the randomLOS rate noise
is presented in Table 5.

In Table 5, no asteroidgravity � eld is assumed except cases 6–11.
Because the descent velocity is slow (10 cm/s), the spacecraft stays
close to the surfacefor almosthalf an hour.Consequently,an accom-
panyinggravity loss will be added to the correction1V . The gravity
compensation here is the feedforward scheme developed earlier in
the text. The basic guidanceproperties remain unchanged,while the
1V cost is raised to 6.6 m/s. Some stabilitydependencyon the � lter
time constant, as well as the descent velocity, is observed in case 2.
Both degrade the guidanceperformance,causingwider dispersions.
As case 4 indicates, the guidance performance is found to be robust
for the initial position error. The scheme is still valid even in the
case when the correction interval is doubled. Case 7 deals with the
higher potential � eld, in which C20 and C22 are calculated to be
¡0:01 and ¡0:03, respectively, for the target body. The irregular-
ity alleviatesthe correction1V slightlywith the degradedguidance
properties.As cases8 and 9 indicate, the schemedevelopedis found
still insensitive to the spin state of the target body. Even in the case
where the mass of the target body is 1.2 times as much as postu-
lated, the guidance scheme still functions successfully as case 10
shows. Case 11 also demonstrates that the guidance performance is
insensitive to the execution error of 5%. Because the last maneuver
may occur at the altitude of 6 m above the surface, the � nal dis-
persion of approximately 2 m inevitably takes place. These robust
features derive from the closed-loop guidance properties. In addi-
tion to the straightforwardgravitycompensationalreadydeveloped,
the following integration feedback loop is introduced to cope with
the potential � eld effect:

1Vcomp;k C 1 D 1Vcomp;k C k1.½k Pe/ C k2

³
v¤ ¡

½k ¡ ½k ¡ 1

1Tc

´
(21)

The entire simulation program was developed to ensure the se-
quence starting from the home position located at the distance of
50 km to the surface.This total simulation incorporatesthe asteroid
gravity � eld, as well as the potential harmonics of C20 and C22. A
Monte Carlo-like survey of 20 cases was conducted. The total 1V
averaged is 12.26 m/s, which is a little higher than the sum of those
associated with phases D-I and TD simulations in Tables 4 and 5.
This is because the phase D-I simulations presented before did not
take the gravity loss into account. The mathematical upper limit
of 1V from in� nity to the distance r f is assessed by ¹=.v ¢ r f /,
and it is 13.3 m/s when v is 10 cm/s. Inasmuch as the actual path
is not a constant-velocity path, the total 1V amount is lowered in
this case. The resulting mean alignment angle is 5.15 deg with the
� nal dispersion of 62.9 cm, which are smaller than those in Table 5
because the touchdown point is different; however, these errors are
within the range of dispersions given in case 7 of Table 5. Each of
these cases demonstrates that the strategies developed in the paper
function as expected.

Conclusions
The preliminary analysis on combined autonomous navigation

and guidance strategies around an asteroid are presented. Six in-
novations were discussed: 1) an aligned intercept guidance, 2) a

combined range estimation along with corrections without a range
sensor, 3) a strategic building of the � ight phases, 4) an image pro-
cessing of LOS shift information instead of tracking characteristic
points, 5) stability and accuracy analysis associated with the strate-
gies developed here, and 6) the correction interval, spacing analy-
sis. What is important is that not all of the orbital information is
required for the guidance to a small body. The navigation strategy
was re-examinedfrom the guidanceaspects.The strategydeveloped
is suf� ciently concise and ef� cient that even the smallest spacecraft
such as the MUSES-C can be equipped with such a scheme. Some
comprehensivenumerical illustrations, taking gravity into account,
were given to support the discussion.
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